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Buckling Analysis and Minimum-Mass Design Procedures
for Composite Wing-Box Structures
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This study investigates the minimum-mass design of composite wing-box structures employing a syntactic film
core (SynCoreTM) as a partial replacement for carbon-fiber material. Special attention is given to the balance
between buckling strength and the limiting strain constraints of the two materials. Symmetric and antisymmetric
angle-ply stacking sequences, with specially orthotropic properties, are combined to form the special orthotropic
laminate skin of the wing box. Computer modeling accounts for continuity of the skin over composite curved
root-channel-section spars, which are assumed to be connected by a single line of closely spaced bolts. Emphasis
is also placed on the level of sophistication of the modeling and the level to which modeling approximations may
be safely applied. The effects of analyzing a panel with its true skewed shape, rather than approximating it as
rectangular in plan, are compared with the infinitely long panel representation on which the optimization study is
based. Two design strategies are adopted in the study whereby either skin-ply thickness is the independent variable
and the outer mold line of the wing box is maintained by linking the spar depth (dependant variable) or the spar
pitch is the independent variable and all plies are held at their correct physical thicknesses.

Nomenclature
Ai j , Bi j , Di j = extensional, bending, extensional-bending

stiffness (i, j = 1, 2, 6)
a = plate/panel length
b = plate/panel width
MP0, MPopt = datum, optimized panel mass
MT0, MTopt = datum, optimized wing mass including

fasteners
MW0, MWopt = datum, optimized wing mass
Nx , Ny , Nxy = in-plane longitudinal, transverse, shear

load/unit length
t , topt = ply thickness, optimized ply thickness
tskin, tspar, tSynCore = skin, spar, SynCore thickness
α = skew angle
θ = principal compressive stress direction
λ = buckling half wavelength
σ, τ = in-plane compressive, shear stress

Subscripts

A = antisymmetric stacking sequence
S = symmetric stacking sequence
T = true stacking sequence

I. Introduction

A previous optimization study by the author and colleagues1

considered the most heavily and lightly loaded of eight bench-
mark stiffened laminated wing panels defined from a Dornier wing
by a GARTEUR (Group for Aeronautical Research and Technol-
ogy in Europe) working party. These benchmark panels had three
identical and equally spaced stiffeners. The results were chosen to
help designers understand many important aspects of the choice of
design variables and the effects of changing the sophistication of
modeling and theory used for a wide range of wing panels. The
principal design variables were skin and stiffener ply thicknesses

Received 24 February 2005; revision received 27 May 2005; accepted for
publication 9 June 2005. Copyright c© 2005 by the American Institute of
Aeronautics and Astronautics, Inc. All rights reserved. Copies of this paper
may be made for personal or internal use, on condition that the copier pay
the $10.00 per-copy fee to the Copyright Clearance Center, Inc., 222 Rose-
wood Drive, Danvers, MA 01923; include the code 0021-8669/06 $10.00 in
correspondence with the CCC.

∗Senior Lecturer, Department of Aerospace Engineering.

and stiffener height, shape, and pitch. Additional factors were also
considered, such as the effects of including the stiffening effect of
adjacent spars, including the effects of continuity with laterally ad-
jacent panels, including through thickness shear (TTS) deformation
in the panel analysis, and analyzing the panel with its true skewed
shape rather than approximating it as rectangular in plan.

Although the effect of the stiffener shape and pitch was the pri-
mary focus in the work described, the current study considers a
multispar wing-box configuration with unstiffened skin. The pri-
mary focus of attention is now the composition of the composite
laminate skins, together with the influence of material-strain con-
straints, which were found to be inactive in the previous optimiza-
tion study for stiffened panels. Furthermore, the combined effects of
supporting spars and of continuity with adjacent panels are present
in all the panel variants considered, rather than as a single panel
variant.

The present study arises from related work performed by the
author while on a recent secondment to BAE Systems. The paper
describes a weight-trade study for preliminary design of compos-
ite empennage structures based on optimized panel-level designs.
The loading and general orthotropic material properties for the start
design were obtained from a finite-element analysis of the entire
aircraft and therefore represent a single iteration within a multilevel
optimization procedure. The new results presented here should help
engineers draw useful conclusions without requiring access to any
restricted BAE Systems material. However, the relationship to the
BAE Systems work has ensured that the results presented are for a
practical problem that is likely to be applicable to other empennage
structures.

One of the main design strategies generally adopted by industry
is to size structural components using simplified analysis assump-
tions, which generally give lower-bound buckling solutions. They
therefore give conservative (upper-bound) solutions in design. This
is of course appropriate for conservative structural design and initial
sizing, but where the structure is weight critical it is important to
explore more sophisticated analysis methods, probing for further
reductions in weight without compromising structural integrity.

The objective of the current study is therefore to assess the
structural-weight implications of changing the level of sophistica-
tion of modeling and theory used, and demonstrate these implica-
tions through the buckling analysis and sizing of composite skins
and spars relating to a number of empennage structures with similar
wing-box configurations.

From these initial investigations, more specific studies of panel
stability are then pursued, concerning the ply-stacking-sequence
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definition, otherwise characterized by the percentage of plies in each
of the preferred orientations, TTS effects, the introduction of low-
density Syntactic film core as a partial replacement for carbon-fiber
material, and ultimately a multispar weight-trade study.

II. Preliminary Buckling-Analysis Study
A. Details of the Modeling and Theory Used

The eigenvalue buckling-analysis (and optimum-design) study
was performed on the assumption that the panels were infinitely
long, because this is frequently done in practice and was the
standard adopted for preliminary sizing studies at BAE Sys-
tems. However, ribs and spars often divide the skin into smaller
aspect-ratio quadrilaterals, which can be better approximated by
parallelograms. Therefore, some preliminary analysis results are
presented to show the difference in buckling strength made by the
alternative assumptions of rectangular and parallelogram planform
approximations and variation in boundary conditions, which in-
clude simple supports, spar supports, and clamped supports. All
variants are compared against the infinitely long panel with sim-
ply supported edges, that is, the datum case used throughout the
study.

Because of the nature of the theory used to obtain these re-
sults, the longitudinal edge supports are represented exactly but the
transverse line supports (inclined to give a parallelogram planform)
are instead represented by a sufficient number of point supports.
Note that for high aspect-ratio panels, these transverse line supports
have little effect on the initial buckling strength, which converges
on the infinitely long panel results as the aspect ratio of the panel
increases.

A more sophisticated variant, incorporating the rotational stiff-
ness of realistic spar supports, included the effects of continuity
of the panel skin. The spars themselves were unloaded, composite,
curved-root channel sections, assumed to be connected to the skin
by a single line of bolts and approximated by a rigid line connec-
tion. Symmetry conditions were also employed and therefore only
the top half of the spar was modelled.

The panel-buckling analysis and optimum-design
code VICONOPT2,3 (VIPASA with constraints and optimization),
used throughout the study, is based on the stiffness-matrix method
with exact flat plate theory. The stiffness matrices derived for each
plate may optionally allow for the effects of transverse shear defor-
mation, with the assumption that the shear angle corresponding to
rotations about the in-plane normal at a plate edge must be zero at
junctions between plates.4 Two types of analysis are used, which
are based on those of the earlier programs VIPASA and VICON.
The theory of VIPASA (vibration and instability of plate assem-
blies with shear and anisotropy) analysis assumes that the mode of
buckling varies sinusoidally in the longitudinal direction with half
wavelength λ. Nodal lines, or lines of zero buckling displacement,
are straight and perpendicular to the longitudinal direction, that is,
in the transverse direction, if all plates are orthotropic and no shear
loading is present. Simply supported end conditions are satisfied
in this case. Otherwise, solutions only approximate such end condi-
tions and become excessively conservative as λ approaches the panel
length a.

VICON (VIPASA with constraints) theory uses Lagrangian mul-
tipliers to impose the constraints representing point supports, so
that for instance a shear loaded panel supported along rectangular
boundaries can be accurately represented. To achieve this, the anal-
ysis couples stiffness matrices for different wavelengths, derived
from the VIPASA theory, to enforce the required number and lo-
cation of nodal points in the resulting mode shape. Thus, results
are for an infinitely long plate assembly, with supports repeating
at intervals a. Plate assemblies that repeat in the transverse direc-
tion are analyzed by using infinite-width recurrence relations so that
analysis involves only a datum repeating portion.5 Point supports
can be introduced at any longitudinal position in the panel, and the
combination of this capability with the transverse repetitive analysis
permits a very efficient method for analysing skewed panels.6

Half wavelengths, which are coupled in the computer code
VICONOPT, are defined by λ = a/(ξ + 2q), where q = 0, 1, . . . , 10

and ξ = 0, 0.25, 0.5, 0.75, and 1 were considered. Alternatively,
where short wavelength (or local) buckling was identified in higher
aspect-ratio panels, buckling calculations can be performed for (un-
coupled) half wavelengths of λ = a/ i (i = 1, 2, 3, . . . , 10) to reduce
computation time, while still maintaining the accuracy achieved by
coupling wavelengths.

The optimization technique combines the well-proven mathe-
matical programming optimizer CONMIN,7 which incorporates the
method of feasible directions, and a method that scales the design
to achieve and maintain feasibility.3

The design problem is a constrained-minimization problem in
which the inequality constraints include buckling and material-
strength requirements together with configuration constraints. The
objective function is the mass of the plate assembly. In this
study the plate breadths and layer thicknesses of the skin are de-
sign (i.e., independent) variables, whereas other plate breadths
and layer thicknesses, for example, those of the spars, along
with plate offsets, are either held fixed or are linked to the de-
sign variables to become dependent variables. The design strategy
within VICONOPT involves the calculation of sensitivities for the
buckling-load factors with respect to design variables. CONMIN
then performs linear optimization to minimize the panel mass, sub-
ject to these sensitivities and the configuration constraints described
previously.

B. Preliminary Analysis Results
Results from the preliminary analysis study allows the buck-

ling strength of thin composite panel structures to be evaluated
for combinations of uniform in-plane compression and shear load-
ing. These results highlight the specific effects of realistic plan-
form geometry, physical continuity with adjacent panel skins,
and the additional restraint provided by torsionally stiff support-
ing spars. They are presented in the form of either nondimen-
sional buckling interaction curves, or their derivatives, illustrat-
ing how these factors lead to improvements (percentage increase)
in buckling strength above a datum configuration (Case 1—Inf)
consisting of an infinitely long panel with simply supported
edges.

Details of the geometry and material properties used for the pre-
liminary analysis follow. The panel width b = 300 mm (11.8 in.),
and length a = 750 mm (29.5 in.). The skew angle of the panel
planform α = 33 deg. The supporting spar flange width = 38.1 mm
(1.5 in.), and overall depth = 76.2 mm (3 in.), with a root radius =
2tspar at the flange/web interface. The skin had a symmetric 20-ply
specially orthotropic laminate [45/90/−452/90/±45/02/45]S of total
thickness tskin = 2.794 mm (0.11 in.), and the spar had a symmetric
16-ply specially orthotropic laminate [±45/−45/45/90/−45/45/0]S

of total thickness tspar = 2.235 mm (0.088 in.). The material used
had the following properties: E11 = 161.0 GPa, E22 = 11.38 GPa,
ν12 = 0.32, and G12 = 5.17 GPa.

The buckling-interaction curves of Fig. 1 are used to demon-
strate the procedure for generating the curves of buckling-strength
increase in Fig. 2 for each of the boundary conditions illustrated
in Fig. 3. All comparisons of buckling-strength increase are based
on the case 1—Inf datum panel, that is, the infinitely long panel
with simply supported edges. The combination of in-plane com-
pression and shear loading (where 1 N/mm ∼= 5.7 lb/in) can be
transformed into a principal compressive-stress direction. These
principal compressive-stress directions (θ ) are illustrated by the
radial lines superimposed on Fig. 1, where positive and nega-
tive shear loading have principal compressive-stress direction of
θ = 45 deg and −45 deg, respectively. A pure compression load
has a principal compressive-stress direction of θ = 0 deg. Com-
bined loading has values between these bounds. The example given
is for the case of θ = −35 deg. Figure 2 provides the buckling-
strength comparisons for the complete range of load combina-
tions shown in Fig. 1, calculated as the ratio of the buckling or-
dinate for case 4—Inf, and so forth, with respect to the ordinate
for case 1—Inf, and expressed as a percentage. For clarity on
Fig. 1, only the symmetric half of the each interaction curve is
shown.
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Fig. 1 Buckling-interaction diagram demonstrating the calculation of
buckling-strength increase with respect to principal compressive-stress
direction θ used in Fig. 2.

Fig. 2 Buckling-strength-increase comparisons, above the infinitely
long datum (Case 1—Inf) with simply supported edges, for the three
variants illustrated in Fig. 3.

Fig. 3 Alternative boundary conditions for the infinitely long panel
assumption.

Figure 4 shows the rectangular planform geometry and boundary
conditions of the results illustrated in Fig. 5. Although there is no
difference in the compression buckling strength (θ = 0 deg) between
the results of Figs. 2 and 5, the shear loaded cases show a marked
increase due to the added constraint of the transverse supports.

Figure 6 shows the skew planform geometry and boundary con-
ditions of the results illustrated in Fig. 7. These results illustrate
strength increases above the infinitely long cases for the same rea-
sons as the rectangular cases. The effect of skew planform is to
increase the buckling strength of panels above the rectangular panel
equivalent when compression, positive shear, or a combination of
the two are predominant.

It should be noted that the spar-supported variants on Figs. 2, 5,
and 7 have a higher-percentage strength increase than the clamped
result for pure shear loading, θ = 45 and −45 deg. This is because the
rigid spar attachment reduces the effective width of the panel, lead-
ing to a higher buckling strength than the wider, datum panel. The
width of the rigid attachment was assumed to be 10 mm (0.39 in.).

Figure 8 illustrates the final comparison of the preliminary-
analysis series, applied to the skew bay planform. Here an increased
panel thickness, incorporating 68 plies, is used together with a stiff-
ener with 28 plies. These increases are consistent with the initial
sizing results of finite element method (FEM) model of the entire
aircraft. All other parameters are comparable with the previous data
set. Because the panel thickness has now been increased substan-
tially, a second set of results is presented, which takes account of
TTS deformation effects.4

In all cases, the reduction in buckling strength caused by TTS
effects, illustrated in Fig. 8, is relatively uniform across the load
spectrum.
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Fig. 4 Alternative boundary conditions for the rectangular bay
assumption.

Fig. 5 Buckling strength increases above datum (Case 1—Inf) for
panels continuous over rectangular bays (a/b ≈ 2.5).

Fig. 6 Alternative boundary conditions for the skew bay assumption.

Fig. 7 Buckling strength increases above datum (Case 1—Inf) for
panels continuous over skew bays (a/b ≈ 2.5).
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Fig. 8 Buckling strength increases above the modified datum (Case
1—Inf) for panels continuous over skew bays (a/b ≈ 3.0), including
through thickness shear (TTS) effects.

The results of Fig. 8 illustrate a marked difference in the behav-
ior of the spar-supported variant, case S—3, as the consequence of
an increased panel-skin/supporting-spar thickness ratio. A drastic
strength reduction, below the datum (case 1—Inf), occurs across
much of the loading range, except where compression load is domi-
nant. By contrast, the boundary conditions of case 1—3, case 3—3,
and case 4—3 provide rigid out-of-plane constraint, and therefore
the magnitude of the buckling strength increases, above the datum
(case 1—Inf), is comparable with the previous results.

This final set of results indicate that the flexibility of the (un-
loaded) supporting spar is such that the mode shape of the buckled
skin panel is inconsistent with the spar pitch and implies that the
spar thickness is adequate.

In a real wing box, the spars transfer shear and bending stresses be-
tween the compression-loaded top skins and tension-loaded bottom
skins. These characteristics have not been captured by the modeling
used thus far. Hence, a more sophisticated model is now considered,
in which the full channel section spar is incorporated together with
the associated portion of the top and bottom skins (see Fig. 9b).
A bending moment is applied to the section together with in-plane
shear and transverse compressive skin loads. This loading combi-
nation is then consistent with results obtained from average element
stresses taken from a static FEM analysis of the entire aircraft (see
Table 1).

This new and more complex model demonstrated buckling
strengths consistent with the spar-supported cases of Figs. 2, 5, and
7 of the preliminary-analysis section and is the model adopted for
the optimum-design study that follows.

III. Optimum-Design Study
A. Details of the Modeling Used

The previous section of this paper explored various levels of mod-
eling sophistication to show the effects of analyzing the panel with
its true skewed shape rather than approximating it as rectangular in
plan and the level to which modeling approximations may be safely
applied, for example, unloaded spar supports.

In the next section of the paper, attention is focused on the
minimum-mass design of multispar wing-box panel structures and

Table 1 Applied moments (in-lbs) and in-plane compressive
loading and shear flow (lbs/in)

Loading Case 1 Case 2 Case 3 Case 4

My −488,814 −24,289 −452,468 −59,613
(Nx ) (11,350) (564) (10,506) (1,384)
Ny 1,146 115 985 208
Nxy −2204 −107 −1,683 −605

a)

b)

Fig. 9 Parts: a) sketch of empennage wing structure illustrating the
rectangular panel idealization with length a = 49.667 in. and width
b = 16.556 in. b) detail of the prismatic wing-box idealization for the
computer model incorporating a repeating spar with associated top and
bottom panel skin, the width of which depends on the number (variable)
of spars in the wing box. Also shown is the SynCore idealization, with
discrete step thickness increase, compared with the actual smooth-taper
profile.

the effects of incorporating a lightweight syntactic (meaning filled
with high-strength hollow glass spheres) film core (SynCoreTM) as
a partial replacement for carbon-fiber composite material.

A rectangular panel approximation is used throughout the opti-
mization study, for which the geometry was obtained by first cal-
culating the length between ribs, measured along the centerline of
the panel on Fig. 9a, to obtain the length a(=49.667 in.). The width
b(=16.556 in.) of each panel was derived from its mid-length width,
which was then transformed to account for the sweep of the wing.

Figure 9b gives details of the wing-box idealization, which is used
throughout the optimization study. Here the computer model forms
a prismatic, open section, transversely repetitive “single-cell” repre-
sentation of the wing box, which incorporates a common repeating-
channel section spar with associated top and bottom panel skin, the
width of which depends on the number (variable) of spars in the
wing box.

The initial geometry, or “start” design, was established for
the panel variants by using the minimum-gauge ply thickness of
0.1397 mm (0.0055 in.) for each laminate of the panel assembly
and setting the panel breadth to that of the three-bay, four-spar con-
figuration illustrated in Fig. 9a, which has an aspect ratio a/b = 3.0.

The use of SynCore as partial replacement of carbon-fiber mate-
rial is now introduced. The SynCore is placed at the neutral axis
of a laminated composite wing skin and of constant thickness,
tSynCore = 0.121 in., equivalent to 22 carbon-fiber plies. A density
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comparison reveals that SynCore (0.0252 lb/in.3) is less than half
that of carbon-fiber material (0.057 lb/in3). Figure 9b illustrates the
SynCore material, which is introduced into the laminate using a ta-
pered profile, over a distance of approximately 0.6 in., that is, a 1:5
gradient with an edge distance of approximately 0.715 in. from the
spar. Note that for practical considerations, SynCore material must
be discontinued in the region of the skin/spar attachment. However,
from a buckling perspective, the strength of the panel would be re-
duced by 2.9%, based on load case 1 of Table 1, if SynCore was
continuous across the spar cap.

For computational expedience, all optimum-design results were
obtained using the VIPASA coding,8 which is retained as a
VICONOPT option. This and other simpler analysis methods, which
are frequently used for design, do not couple wavelengths of the
buckling response9,10 and thus may give relatively conservative re-
sults, hence higher mass solutions. This tendency was shown by an
extensive study11 to be typical of panels that have significant shear-
load (Nxy) contributions and are governed by overall buckling.

In keeping with the philosophy of the GARTEUR work, described
in the introductory section, the results presented in this new study all
used the same number of wavelengths, λ = a/ i (i = 1, 2, 3, . . . , 10).
Therefore, even though the results may have an element of approx-
imation, any errors should be of the same magnitude for all of the
problems and conclusions about the percentage mass savings ob-
tained by the various refinements considered should remain valid.

Laminate stacking sequences giving special orthotropic proper-
ties are adopted so that the exact closed-form solution may be used
to calculate the buckling strength without the need for complex nu-
merical calculations or as a check for errors. This choice also max-
imizes the buckling strength in comparison to a general balanced
and symmetric-angle ply laminate possessing anisotropic bending
stiffness properties, that is, bend–twist coupling.

An important consideration when designing the ply-stacking se-
quence is that it has consistent behavior when SynCore is used as
a partial replacement, implying that the in-plane and out-of-plane
behavior remains uncoupled (Bi j = 0) and additionally, in this case,
that the special orthotropic nature of the material is maintained
(A16 = A26 = D16 = D26 = 0). This was achieved through the ad-
dition of symmetric and antisymmetric stacking sequences, which
together maintain this special orthotropic nature when SynCore film
is introduced along the mid-plane of the laminate.

The buckling design results that follow provide a comparison of
optimum mass configurations for variants of the panel shown in
Fig. 9b when required to carry all four of the load cases of Table 1.
These panel loads were derived from a FEM model of the complete
aircraft. The variation in axial stress (tension to compression) be-
tween top and bottom skin is accounted for by means of a bending
moment applied to the wing-box model. The bending moment was
calculated from the aerodynamic loading on the wing and verified
against the average element stresses of the FEM model. In contrast,

Table 2 Material properties for carbon/epoxy composite15 and lightweight SynCore

Carbon/epoxy IM7/8552 SynCore HC 9872

Material properties Symbol Metric units Imperial units Metric units Imperial units

Compressive moduli E1 143 GPa 20,740,397 psi 2.6 GPa 375,000 psi
E2 9.6 GPa 1,392,362 psi 2.6 GPa 375,000 psi

Shear modulus (G13 = G23 =) G12 5.2 GPa 754,196 psi 1.0 GPa 150,000 psi
Poisson’s ratio ν12 0.338 0.33
Density ρ 1.57 g/cm3 0.057 lb/in3 0.69 g/cm3 0.025 lb/in3

Tensile moduli E1 176 GPa 25,526,643 psi 2.8 GPa 400,000 psi
E2 8.9 GPa 1,290,836 psi 2.8 GPa 400,000 psi

Compressive strength σ1 885 MPa 128,358 psi 60.7 MPa 8,800 psi
σ2 233 MPa 33,794 psi
τ12 56.3 MPa 8,166 psi 41.4 MPa 6,800 psi

Tensile strength σ1 2,352 MPa 341,128,774 psi 33.1 MPa 4,800 psi
σ2 47 MPa 6,816,774 psi

Strain allowable (comp.) ε1 0.006188
ε2 0.024270
γl2 0.010826

Strain allowable (tension) ε1 0.013363
ε2 0.052800

shear flow is assumed to be constant across individual skins and
spars and was checked against both average element stresses of the
FEM model and a hand solution for the determination of skin shear
flows in a multicell wing box.12,13 Note that although an increase in
the number of spars will reduce the shear load in these components,
this is not accounted for in the optimum-design process undertaken
in this study.

The material properties used in the study are given in Table 2.
These include the strain-constraint data that need only be applied to
the carbon-fiber material because of the large difference in modulus.

The majority of results presented are for panel skins consist-
ing of a 62-ply laminate, [A1/S1/0/90/A83/90/0/S1/A1]T , in which
ply groupings A1, S1, and A83, using engineering sciences data
unit (ESDU) shorthand notation,14 signify the stacking sequences
[±45/−45/45]A, [45/−452/0/45/0]S , and [45/90/−452/0/45/0/90/
0]A, respectively. The stacking sequence of the invariant 28-ply lam-
inate spar is [±45/0/−45/902/452/902/−45/0/−45/45]S . The start
design thickness of the skin (0.341 in.) is therefore approximately
twice that of the supporting spar (0.154 in.).

Subscripts A, S, and T imply the sequence given in brackets is
the top antisymmetrical half, the top symmetrical half, and the true
(or total) listing of the stacking sequence forming the laminate.

One variant on the skin-ply-stacking sequence, used later to over-
come strain-constraint requirements arising from SynCore fiber re-
placement, adopts a 70-ply laminate with similar ply groupings:
[S1/S1/0/90/A83/90/0/S1/S1]T .

Computer modeling accounts for continuity of the skin over com-
posite curved-root channel-section spars, assumed to be connected
by a single line of bolts, which are accounted for in the weight
assessment (see Table 3). The outer mold line of the wing box is
maintained by linking spar depth (dependant variable) and skin-ply
thicknesses (independent variable). It should be noted, however, that
an optimum design with a ply thickness other than the start design
thickness (t = 0.0055 in.) implies that the stacking sequence must
be redesigned.

B. Optimum Design Results
The optimum mass results, given in the tables that follow, are

presented across a series of 11 columns. The first column of each
table indicates the unique case number to which each variant is

Table 3 Fastener details accounted for in the
weight assessment

Parameter Value

Mass per metal fastener 0.0329 lbs
Mass of carbon fiber material 0.0014 lbs

removed per fastener
Fastener spacing 1.5 in.
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Table 4 Laminate (62-ply): ply thickness variable (start design: t = 0.0055 in.). Note that column (2) also represents
the aspect ratio (a/b) of the panel

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

1 1 2 49.7 0.00536 95.8 179.3 97.9 −6.8 100.0 −8.4
2 2 3 24.8 0.00364 34.2 −0.4 70.5 −32.8 73.7 −32.5
3 3 4 16.6 0.00308 20.3 −40.7 63.3 −39.8 67.5 −38.2
4 4 5 12.4 0.00266 14.1 −59.0 58.6 −44.2 63.9 −41.5
5 5 6 9.9 0.00228 10.4 −69.6 54.5 −48.1 60.9 −44.2
6 6 7 8.3 0.00235 9.3 −72.7 58.4 −44.4 65.8 −39.7

Table 5 Laminate (62-ply) with strain constraints: ply-thickness variable (start design: t = 0.0055 in.)

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

13a 1 2 49.7 0.00536 95.8 179.3 97.9 −6.8 100.0 −8.4
14 2 3 24.8 0.00462 42.6 24.3 87.4 −16.7 90.6 −17.0
15 3 4 16.6 0.00461 29.2 −14.9 89.7 −14.6 93.9 −14.0
16 4 5 12.4 0.00462 22.5 −34.5 92 −12.4 97.2 −10.9
17 5 6 9.9 0.00462 18.5 −46.2 94.4 −10.1 100.7 −7.8
18 6 7 8.3 0.00460 15.8 −54.1 96.7 −7.9 104 −4.7

aStrain constraints not active.

Table 6 Laminate (62-ply) with SynCore replacement: ply-thickness variable (start design: t = 0.0055 in.)

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

7 1 2 49.7 0.00717 100.8 193.9 102.9 −2.1 104.9 −3.9
8 2 3 24.8 0.00369 31.5 −8.2 65.2 −37.9 68.4 −37.4
9 3 4 16.6 0.00260 17.4 −49.4 54.3 −48.3 58.6 −46.4
10 4 5 12.4 0.00205 11.8 −65.5 49.6 −52.8 54.9 −49.7
11 5 6 9.9 0.00197 9.7 −71.8 50.7 −51.7 57.1 −47.7
12 6 7 8.3 0.00218 9.0 −73.9 56.1 −46.6 63.5 −41.9

Table 7 Laminate (62-ply) with SynCore replacement and strain constraints: ply-thickness variable
(start design: t = 0.0055 in.)

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

19 1 2 49.7 0.00987 132.7 286.7 134.5 28.1 136.6 25.1
20 2 3 24.8 0.00865 62.1 81.0 126.1 20.1 129.2 18.3
21 3 4 16.6 0.00775 39.5 15.2 120.5 14.8 124.7 14.2
22 4 5 12.4 0.00705 28.6 −16.5 116.6 11.0 121.8 11.5
23 5 6 9.9 0.00648 22.3 −34.9 113.7 8.3 119.9 9.8
24 6 7 8.3 0.00599 18.2 −46.9 111.3 6.0 118.6 8.6

Table 8 Laminate (62-ply) with variable skin breadth, with constant ply thickness, and using 1-bay, 2-spar
configuration as start design, i.e., spar pitch = 49.7 in. Cases 25–28 represent the carbon-fiber laminate, the laminate

with strain constraints, the SynCore variant, and the SynCore variant with strain constraints, respectively

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

25 a/b = 5.61 8.8 0.0055 19.4 −43.4 111.1 5.8 118.0 8.1
26 a/b = 1.65 30.2 0.0055 60.6 76.7 101.9 −3.0 104.6 −4.2
27 a/b = 1.76 28.2 0.0055 47.8 39.4 86.4 −17.7 89.3 −18.2
28a a/b = 0.97 51.0 0.0055 83.1 142.3 83.1 −20.9 85.2 −22.0

aStrain constraints not satisfied.

henceforth referred. Columns 2 and 3 indicate the number of bays
and spars, respectively. By coincidence, column 2 also corresponds
to the aspect ratio (a/b) of the panel (see Fig. 9). Column 4 is the
spar pitch, obtained from the wing-box width (=49.667 in.) divided
by the number of bays (column 2).

Column 5 gives the optimized ply thickness topt. Note that in
Tables 4–8 there are 62 plies in the laminate skin, giving a total
laminate thickness of 0.341 in., using the start design ply thickness
of 0.0055 in.

Columns 6 and 7 provide the optimized panel mass MPopt and
the change in mass MPopt/MP0 (%), expressed as a percentage of
the datum panel MP0. The panel mass is derived from the model of
Fig. 9b, which includes spar and associated top and bottom skins.
The datum mass, corresponding to the three-bay, four-spar configu-

ration of Fig. 9 is MP0 = 34.3 lbs and is used for all the comparisons
that follow. A negative MPopt/MP0 (%) value in column 7 indicates
a mass reduction, whereas a positive value indicates an increased
mass design.

Columns 8 and 9 provide the optimized wing-box mass MWopt

and the change in mass MWopt/MW0 (%), expressed as a percentage
of the datum panel, MW0 = 105 lbs.

Column 10 provides the total optimized wing-box mass, which
includes fasteners MTopt (see Table 3). Finally, column 11 gives the
change in mass MTopt/MT0 (%), expressed as a percentage of the
datum panel MT0 = 109.2 lbs.

The tabulated results are grouped according to the particular vari-
able being investigated. Each table contains six aspect-ratio config-
urations for which the optimum ply thickness is determined.
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Table 9 Laminate (62-ply) with variable skin breadth and ply thickness, using 1-bay, 2-spar configuration as start design, i.e.,
spar pitch = 49.7 in., and with SynCore replacement and strain constraints

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

28a a/b = 0.81 61.4 0.0075 127.2 270.8 104.9 0.1 106.8 −2.2

Table 10 Laminate (70-ply) (including 22-ply equivalent SynCore material) with variable skin breadth and ply thickness and
using 1-bay, 2-spar configuration as start design, i.e., spar pitch = 49.7 in.

(1) (2) (3) (4) (5) (6) (7) (8) (9) (10) (11)
Case No. bays No. spars Spar pitch topt MPopt MPopt/MP0, % MWopt MWopt/MW0, % MTopt MTopt/MT0, %

29 a/b = 1.14 43.6 0.0060 88.1 156.9 102.5 −2.4 104.7 −4.1

Tables 4 and 5 correspond, respectively, to the 62-ply carbon-
fiber material and the 62-ply carbon-fiber material including strain
constraints.

Results in Table 6 correspond to panels with partial replacement
of carbon-fiber plies using lightweight syntactic film core (SynCore)
material. The SynCore has a constant thickness, equivalent to
22 carbon plies, and is placed at the laminate mid-plane (see Fig. 9b).
Hence, only 40 of the 62 (variable-thickness) carbon plies remain.
Table 7 presents the same laminate configuration results as Table 6,
but material-strain constraints are now included in the optimum-
design process.

Some specific observations on the optimum results of Table 4 to
Table 7 now follow:

In Table 4, the optimum case 1 ply thickness (topt = 0.00536 in.) is
virtually unchanged from the start design thickness (t = 0.0055 in.),
indicating that the width of the bay is near optimum for the given
stacking sequence. Note that the ply thickness must correspond to
the actual ply thickness of 0.0055 in. Any variation in ply thick-
ness indicates that the stacking sequence must be redesigned with
a different number of plies of thickness 0.0055 in. The remaining
results of Table 4 indicate that the optimum design (case 5) for the
carbon-fiber laminate skin configuration is to increase the number
of bays, or spars, in the wing box, which leads to skins (0.141 in.)
and spars (0.154 in.) of similar thickness.

The case 7 result of Table 6, corresponding to the one-bay, two-
spar configuration with SynCore replacement, reveals an optimum
ply thickness that appears to be considerably higher than case 1, that
is, topt = 0.007171 compared with 0.004644. In this case, however,
the SynCore is of constant thickness; hence, the total skin thickness
(0.408 in.) is only marginally higher than the carbon skin (0.332 in.)
of case 1.

As expected, the other results of Table 6 follow a similar trend to
those of Table 4, with the SynCore variant resulting in a mass savings
of approximately 5%, because the use of lightweight material at the
laminate mid-plane has a marginal effect on the bending stiffness,
hence the buckling strength.

Comparison of Tables 5 and 7 demonstrates the severe effect that
in-plane strain constraints have on the minimum mass design when
SynCore is used as a partial replacement for carbon fiber material.
In this case, the use of SynCore as a partial replacement has failed
to achieve a mass savings over the full carbon-fiber-laminate datum
panel. For example, in case 19, the variable carbon-fiber ply thick-
ness has increased from the start design of 0.0055 in. to 0.009868
in. to compensate for the reduced in-plane stiffness of the SynCore
material. By contrast the strain limits for the full carbon-fiber lam-
inate of case 13 are not reached. Comparison of the ply thickness
topt in Tables 6 and 7 implies that in meeting the strain constraint the
panels now have a significant buckling-strength margin. Therefore,
for economical design the panel width must be increased until the
buckling constraint is active.

Table 8 presents a set of results for which the ply thickness is held
constant and instead the spar pitch is used as the design variable.
This is a more realistic design process, given that the laminate has a
predefined stacking sequence with realistic ply thickness. However,
it was not used in the main study because skew panels were a design
consideration (although they are not presented in the current paper),

which requires a constant panel width to maintain the correct skew
angle of the line of point supports.

Case 25 has failed to produce a mass savings over the datum
case, converging on a configuration similar to the optimum (case 5)
of Table 4 but with thicker skin. The case 26 result (carbon-fiber
laminate with variable bay width and material-strain constraints)
has converged on the most critical strain constraint, with a buckling
reserve factor of 11%. The case 27, SynCore variant, result has con-
verged on 1.76 bay-width equivalents. However, the result for case
28, which corresponds to the SynCore variant with strain constraints,
has failed to satisfy the strain constraints. This result implies that
direct replacement of SynCore, on a ply-by-ply basis, will generally
be unable to satisfy the strain constraints. To investigate this further,
the ply thickness of the carbon plies in case 28a are allowed to vary,
along with the panel width. The results are demonstrated in Table 9.

The spar pitch has increased to reduce the buckling reserve factor
of the thicker laminate (equivalent to 74 plies) required to satisfy
the strain constraints. However, this carbon-ply thickness topt is no
longer representative of the real ply thickness. Therefore, as a fur-
ther test, a modified 70-ply special orthotropic laminate is adopted,
using the same SynCore thickness as before, that is, equivalent to
22 carbon plies. The details of this laminate are given in Table 2 and
the results are presented in Table 10.

These results demonstrate that ply thickness for the 70-ply lam-
inate is close to optimum; hence, the value of topt (=0.0060) is
virtually unchanged from the start design (t = 0.0055).

The results of case 26 (62-ply carbon-fiber laminate) and case 29
(48-ply carbon-fiber laminate with 22-ply equivalent SynCore ma-
terial) offer a comparison of the beneficial use of SynCore as a
partial replacement for carbon-fiber material, where both buckling
and strain constraints are satisfied. Although neither result offers a
spar pitch exactly compatible with the overall wing-box dimension
(49.7 in.), it can be seen that the spar pitch of case 29 SynCore
variant (43.6 in.) is close enough to estimate that the mass savings
will not change significantly from 4.1%. By contrast, the optimum
design of full carbon-fiber laminate, giving a 4.2% mass savings, is
likely to be reduced substantially when the panel width is necessarily
adjusted.

IV. Conclusions
Minimum mass-buckling design results have been presented for

multispar composite wing-box structures based on the infinitely long
plate assumption. Although these results are not expected to differ
greatly for a rectangular plate with an aspect ratio 2.5 ≤ a/b ≤ 3.0,
they are likely to be highly conservative (upper bound) if they are
used to approximate panels with a skewed platform.

The results have demonstrated the potential mass savings of in-
corporating a lightweight syntactic-film core (SynCore) as a partial
replacement for carbon-fiber plies, considering buckling-strength
and limiting strain constraints. The buckling strength is not signif-
icantly degraded by this partial replacement, because the bending
stiffness of the panel is not substantially affected by the removal
of high-strength material at the laminate mid-plane. However, the
relative in-plane stiffness of SynCore (400,000 lb/in.2), being much
lower than the carbon fiber (22,180,000 lb/in.2) it replaces, leads to a
substantial reduction in the margin of the material-strain constraint.
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The results have demonstrated that the use of SynCore, as an
economic partial replacement for carbon-fiber material, leads away
from the multicell or multispar design configuration, toward a
single-cell configuration in which the skin thickness required to
satisfy the strain constraints can be matched by a panel width that
just satisfies the buckling constraint.

Results based on the infinitely long plate assumption have shown
that a lower mass solution cannot be obtained by the use of SynCore
as a partial (≈35%) replacement of carbon-fiber plies, on a ply-by-
ply basis where the strain constraints are found to be active. In
this case, it was necessary to augment the laminate thickness by
additional carbon-fiber plies (≈8%), leading to a relative reduction
in the SynCore content (≈30%).
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